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The analysis and design criteria of fracture mechanics are investigated for implementation with the
automated structural optimization system (ASTROS) global optimization design tool. The main focus is
the optimal design of aircraft wing panels by applying fracture mechanics design criteria within the
global � nite element model. This effort consists of four main phases: investigation of fracture mechanics
analysis methods and design criteria, formulation of a computational technique consistent with global
optimization requirements, integration of the technique into the ASTROS design tool, and demonstration
of the results.

Introduction

T HE advent of computational optimization tools has
changed the way modern aircraft are designed. Recogniz-

ing the potential bene� ts of optimization, the U.S. Air Force
sponsored the development of the automated structural opti-
mization system (ASTROS) (Ref. 1) for use by government,
academia, and commercial aerospace companies. ASTROS in-
tegrates several mathematical models of a system (� nite ele-
ment, aerodynamic panel, control system, and design models)
in a modern software architecture. The standard ASTROS pro-
cedure minimizes structural weight subject to constraints on
system performance, including natural frequencies, stresses or
strains from static loads and aerodynamic loads, and aeroelas-
tic performance. However, the implementation of optimization
in such a complex and multidisciplined problem as aircraft
design remains a challenge.2 As is often the case in computa-
tional methods, modeling techniques are one of those chal-
lenges.

Despite the amazing advances in computer capabilities in
recent years, modeling every stringer, rivet, and cutout of an
aircraft remains impractical in computational optimization.
Therefore, coarser global models are used to optimize the over-
all aircraft design and more detailed design is conducted after
the fact. However, if the detailed local design cannot be
achieved within the global constraints, the original global op-
timization may be invalidated. This may result in inaccuracies
requiring modi� cation of the global model and a new opti-
mization. Obviously, this is not desirable considering the cost
and time factors ever-present in today’s aircraft programs.

The more accuracy that can be injected into the global de-
sign (without a disproportionate increase in computational re-
quirements), the more easily the local design can be achieved
within the global constraints. Therefore, the interaction be-
tween local and global design must be investigated to identify
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design variables that may produce the best increase in accuracy
for the least expense. One design issue that plays a major role
in both local and global aircraft design is damage tolerance.3

Fracture mechanics is the � eld of engineering that studies
the tolerance of a structure to damage. The objective of this
study is to demonstrate the use of conventional fracture me-
chanics analysis to establish fatigue criteria in global optimi-
zation. Another goal is to evaluate the interaction between the
local modeling for fatigue criteria and global design. There-
fore, a review of the basic equations of fatigue analysis is
presented next to establish the groundwork for the methodol-
ogy to be employed.

Fracture Mechanics

A crack in a structure can be stressed in three different
modes: 1) opening, 2) sliding, and 3) tearing modes. Mode 1
is the most signi� cant, especially for the fatigue of shell-type
structures used in aircraft wing panel design. Therefore, only
mode 1 will be considered in this paper. The stress intensity
factor K characterizes the crack tip stress and can be calculated
from the following equation:

K = bs pa (1)ÏI

where s is the far � eld stress, a is the crack length, and b is
a dimensionless factor dependent on geometry, crack size, and
other factors. A subscript corresponding to the appropriate
mode is used to identify the direction of the stress intensity
factor. Solutions to speci� c crack geometries can be found in
Refs. 4 and 5. Analogous to an ultimate stress, the fracture
toughness KIc of a material is the limit of the stress intensity
factor. Although fracture toughness is viewed as a material
property, caution must be used because it is dependent upon
the material stress state (plane stress vs plane strain) and, there-
fore, the thickness and cold working of the material.

For a constant amplitude stress and a given material, the
crack propagation can be predicted by relating the stress in-
tensity factor to the change in crack length per cycle. Although
many equations have been used to represent the da/dN vs K
relationship, one commonly used equation was proposed by
Walker6:

da m n= C[K (1 2 R) ] (2)max
dN
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Fig. 1 Composite load-exceedance spectrum for � ghter aircraft.

Fig. 2 Aircraft design usage.

where a is the crack length, Kmax is the stress intensity for the
maximum stress, R is the stress ratio (smin/smax), and C, m,
and n are material constants.

By integrating Eq. (2), a crack growth prediction of crack
length vs cycle can be calculated. When the stress intensity
factor equals the material fracture toughness, fracture occurs,
therefore

K = bs pa (3)ÏIc

where ac is the critical crack length (crack length where failure
occurs).

In most real-life situations the stress cycling is variable and
not a constant amplitude. Several attempts have been made to
develop semiempirical retardation models that account for the
sequential effects of residual stresses and crack closure. The
method that will be used in this paper is the generalized Wil-
lenborg retardation model7 and is dependent on a parameter
called the shutoff ratio, which is the ratio of overload maxi-
mum stress to the subsequent minimum stress required to stop
further crack growth.

Unlike conventional fatigue analysis, i.e., Miner’s Rule-type
calculations, fracture mechanics-based fatigue analysis is de-
pendent on the order of the stress history. However, when any
retardation model is used, the sensitivity of the crack predic-
tion to stress history sequence increases signi� cantly. There-
fore, careful thought must be put into the methodology used
to sequence the stresses.

As part of the U.S. Air Force Aerospace Structural Integrity
Program,8 actual in-service usage data of military aircraft have
been accumulated. The monitoring program has produced
load-exceedance spectra for different segments of aircraft mis-
sions. As seen in Fig. 1, the spectrum is de� ned as the number
of times a load factor is exceeded per 1000 � ight hours for a
given mission segment. Giessler et al.9 outline the methodol-
ogy for using these load-exceedance spectra to develop an air-
craft’s design usage. Their guidelines are followed in devel-
oping the design usage applied to wing panels in this study.

Aircraft Wing Panels

For most modern aircraft, fatigue criteria play a vital role in
the design of wing panels. The � rst step in analyzing the panel
is to develop a stress history for the panel. This is typically
accomplished by using data provided by the load and stress
groups to convert the aircraft’s design usage into a stress his-
tory, normalized by the maximum stress. The panel design and
normalized stress history are then used to conduct a fracture
mechanics analysis. The maximum allowable stress is the high-
est stress that can multiply the normalized stress history with-
out exceeding the fatigue design criteria. It is found by iter-
ating around the fracture analysis until the life of the panel
converges to the design criteria for a given stress history. As
a result, the maximum stress on a panel is not as important for

fatigue analysis as the relative quantity of higher and lower
stresses in the stress history.

Although the preceding analysis could be accomplished for
every wing panel, allowables obtained from critical panels are
usually used as allowables for all similar panels. In addition,
design changes that signi� cantly affect the stress history or
panel design require that the iterative fracture analysis be re-
peated.

Approach
Objectives

The � rst objective is to demonstrate a method of linking the
ASTROS program to a fracture mechanics prediction code to
develop maximum allowable stresses for aircraft wing panels.
The second objective is to investigate how local modeling of
the panels affects the accuracy of the fracture mechanics anal-
ysis. A demonstration case was selected to obtain trends based
on the effects of different panel features. The following panel
features were examined: panel location, crack type, material
type, panel shape, panel stiffeners, and panel thickness. The
third objective is to investigate the optimal global design var-
iables and their sensitivity to the fracture mechanics analysis.
Thus, possible bene� ts to including this procedure within a
global optimization loop can be identi� ed. The demonstration
case was used to obtain trends based on the effects of panel
thickness and stress history.

Method

A computer program, Usage, was developed to de� ne the
aircraft’s design usage (or life) in terms of ASTROS load case
numbers. The aircraft life is described by a series of � ights
that typically consist of 1000 � ight hours. These � ight hours
are broken up into blocks, missions, and mission segments
(Fig. 2). A mission segment is de� ned by a load-exceedance
spectrum, and each load level of the spectrum is identi� ed with
an ASTROS load case number. The order of � ights, blocks,
missions, and segments is de� ned by user input; however, the
actual load cases within each segment are randomly se-
quenced. Because the design usage is completely independent
of panel design, it only needs to be conducted once for all
panels. In this manner, the entire aircraft load history can be
de� ned in terms of ASTROS load case numbers.

A single ASTROS stress analysis (with multiple load cases)
provides the data to convert the load history into panel stress
histories. ASTROS allows a user to de� ne a panel as a group
of one or more (four-noded, isoparametric plate) � nite ele-
ments. It will be assumed that the panel de� nitions made in
the ASTROS model correspond to the physical wing panels
on the aircraft. Therefore, geometric and stress data for a wing
panel can be obtained directly from the ASTROS database.

A second computer program, Panel, uses as input the aircraft
load history (de� ned by Usage as ASTROS load cases) and
the results of the single ASTROS analysis. In addition, the user
speci� es the panel, design criteria, material properties, and
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Fig. 3 Program � ow.

Fig. 4 Finite element model of the F-16 wing.

crack de� nition. The ASTROS database is used to obtain the
current panel geometry (length, width, and thickness) and the
stresses on the panel for each load case in the load history.
The resulting panel stress history is normalized by the maxi-
mum stress. These data are used to generate an input � le for
a government-developed crack growth analysis program called
MODGRO.10 The MODGRO program is iterated until the
maximum stress allowable is obtained. The program � ow is
depicted in Fig. 3. Once the ASTROS model is updated, the
ASTROS optimization can be performed using the new fatigue
stress allowables.

The MODGRO program determines solutions to Eq. (1) for
speci� c crack geometries. In addition, it is also possible for
the user to input tabular data of b vs crack length (or a bcorrection

multiplication factor vs crack length). The material properties
can be speci� ed by the Walker equation [Eq. (2)] or in the
form of tabular test data. The da/dN vs K relationship [Eq. (2)
or tabular data] is numerically integrated according to the gen-
eralized Willenborg retardation model (Ref. 7) using the stress
intensity solutions from Eq. (1). The process is continued until
a speci� ed crack length is reached or until fracture as de� ned
by Eq. (3).

In the current approach, the MODGRO program is iterated
until a maximum allowable stress is found that satis� es the
fatigue criterion. The user de� nes this criterion as a multiple
of the aircraft life the panel must sustain without exceeding a
user-speci� ed crack length. If a crack length is not given, then
the critical crack length calculated from Eq. (3) is assumed to
be the criterion. The aircraft component is assumed to have
some initial damage resulting from the fabrication process that
is just under the detectable size of the inspection technique
used. A common fatigue criterion in aircraft design is that the
panel must survive two aircraft lives without fracture with an
assumed initial � aw size of 0.635 cm (or a 0.127-cm crack at
a fastener hole).3 The iteration process continues until the num-
ber of stress cycles resulting from the fracture analysis con-
verges to the number of cycles de� ned by the user (multiple
of the aircraft life). The percent difference between the cal-
culated and speci� ed number of stress cycles is used as the
convergence criterion and can be set by the user.

Results
A � nite element model of an F-16 � ghter aircraft was se-

lected as the demonstration case for the trade studies. Wing
panel features were independently varied to establish their ef-
fect on the overall aircraft design. Throughout these trade stud-
ies, the percentage change in fatigue stress allowable was used
as the � gure of merit. This is consistent with aircraft design
because a change in the stress allowable has a direct effect on
aircraft weight— the most critical design parameter. In addi-

tion, using the same � gure of merit for all of the design var-
iables permitted direct comparison of their effects on the de-
sign.

Every aircraft design is unique and, therefore, the results
from the trade studies on the demonstration case cannot be
directly applied to other designs. However, the relative mag-
nitudes of these trades do provide fundamental insight into the
damage-tolerant design of aircraft wing panels. These data can
be used to establish research and design priorities concerning
wing panel design.

Description of Demonstration Case

An existing ASTROS � nite element model of an F-16 air-
craft11 was selected as the demonstration case. The model was
selected primarily because the modeling details of the wing
box are consistent with the level of detail typically found in a
global optimization model (Fig. 4). In fact, the model was
originally created for a wing skin optimization study. In ad-
dition, multiple load cases were available and well docu-
mented.

The � nite element model included the six critical design
load conditions for the F-16C wing. Although limited in Mach/
altitude and weapons con� gurations, the load cases are a good
mixture of maneuver types, including symmetric and unsym-
metric maneuvers at both positive and negative load factors.

In the global model, the � nite elements are not grouped or
identi� ed with individual wing panels. However, wing thick-
ness design variables were de� ned as groups of � nite elements
in the current ASTROS design study model. These design var-
iable groups were adopted as the de� nition of wing panels for
this study.

It is important to understand that the intention is not to con-
duct an accurate damage tolerance analysis for the actual
F-16 aircraft. Rather, the objective is to use this demonstration
case as a realistic global model to investigate the behavior of
damage tolerance analysis as it pertains to aircraft wing panel
design. Therefore, it is more important that the wing panel
features examined in this study are indicative of typical aircraft
design, and less important that they accurately represent the
F-16 aircraft portrayed by this particular model.

The number of maneuvers available in the demonstration
model is insuf� cient to accurately represent the true design
usage of the F-16. However, the diverse maneuver types in the
model can be used to develop a design usage realistic enough
for this study. Because the load cases are the critical design
conditions for the F-16 wing, they represent the extremes in
different loading situations. Therefore, these few load cases
should suf� ciently demonstrate the variation in stresses in the
wing at different � ight conditions.

Given the limited Mach/altitude conditions available in the
model, it was futile to develop a design usage based on a
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Fig. 5 Effect of fatigue slope on fatigue stress allowable. Nominal
fatigue slope = 3.8.

Fig. 6 Effect of toughness on fatigue stress allowable. Nominal
toughness = 45 ksi-in.1/2.

complex arrangement of blocks, missions, and mission seg-
ments as shown in Fig. 2. Therefore, a composite load-ex-
ceedance spectrum was used to develop the design usage (Fig.
1). The composite load-exceedance spectrum is based on an
average of all load-exceedance spectra for aircraft in the � ghter
and attack categories.12

A 10,000-� ight-hour load history was developed with the
Usage program and the design usage information. Because the
design usage is de� ned in terms of ASTROS load cases, it
applies to all wing panels. Therefore, this load history was
used as the basis for all of the trade studies to follow.

Design Criteria

The slow-crack-growth design criterion for uninspectable
structures was used for the wing panel design studies. The U.S.
Air Force criteria require that an uninspectable panel must sus-
tain a stress history equivalent to twice the life of the aircraft
while maintaining a residual strength greater than the maxi-
mum stress that would occur in 20 lifetimes.3 Because the load
cases in the demonstration model are the critical design load
cases, the maximum panel stress from these load cases was
used as the residual strength, regardless of whether it occurred
in the load history.

Unless otherwise stated, the initial crack was assumed to be
a 6.35-mm (0.25-in.) center through-crack in an in� nite plate.
The crack length is consistent with the uninspectable slow-
crack-growth criterion. In addition, the crack geometry has the
simplest fracture mechanics solution and requires no panel di-
mensions. Although this is an oversimpli� cation of an actual
wing panel, it provides an ideal baseline from which to make
design study variations.

Material Properties

The Walker equation [Eq. (2)] was used to represent the
material’s fatigue properties. Although the Walker equation is
typically applied to several segments of the da /dN vs K curve,
only one segment was used to facilitate trade studies involving
the fatigue properties. Typical values for the fatigue properties
of aluminum were obtained for Eq. (2) from data presented in
Ref. 13: C = 3.5(10210), m = 20.3, n = 3.8, Kmax is in ksi-in.1/2,
da /dN is in in./cycles; and KIc = 45.0 ksi-in.1/2, Kth = 4.0 ksi-
in.1/2, sy = 66.0 ksi.

The Willenborg model7 was used as the retardation model
in this study. In this model, a parameter can be speci� ed that
de� nes the magnitude of the peak stress ratio required to cause
crack growth shutoff. This parameter, called the shutoff ratio,
generally varies between 2.0 and 3.0. A shutoff ratio value of
2.5 was selected as the baseline for the trade studies.

Wing Panel

A wing panel near the wing root was selected for the base-
line case in the trade studies. A wing root panel was chosen
because it is typically the focus of attention in most damage-
tolerance analysis. This wing panel is modeled as 12 quadri-
lateral � nite elements in the ASTROS model; a � nite element
near the panel’s center was selected as the panel’s master el-
ement. Therefore, this panel’s stress history was determined
based solely on the � nite element solution for the master ele-
ment.

Design Trade Studies

Material Properties

The slope of the da /dN vs K curve (n in the Walker equa-
tion) was varied from 130 to 230% of the nominal value.
The change in fatigue stress allowable from the allowable for
the original slope is shown in Fig. 5. As expected, the fatigue
stress allowable displayed a high sensitivity to the slope of the
Walker equation. Obviously, results like these justify the in-
tense amount of research that has been conducted to accurately
characterize the fatigue properties of a material.

The toughness of a material (KIc) determines the level of
stress intensity the material can sustain before catastrophic fail-
ure. The material toughness was varied from 130 to 230%
of the nominal value. Figure 6 demonstrates that in this situ-
ation the material toughness actually has little effect on the
fatigue stress allowable. The reason for the low sensitivity is
that the majority of the stress cycles occur when the crack is
very small. By the time the crack is approaching the point of
instability, the crack propagation rate is very high. Therefore,
the increase or decrease in the number of stress cycles caused
by a change in material toughness is small relative to the num-
ber of stress cycles that occurred at the smaller crack sizes.
Conversely, if a different crack geometry or stress condition
caused higher crack rates earlier in the crack life, the material
toughness would play a larger role.

Panel Geometry

Up to this point, the wing panel has been assumed to be an
in� nite plate. When the plate is considered to have � nite width
and length, the stress intensity factor increases. Theoretically,
the � nite panel solution must approach the in� nite plate so-
lution as the crack size decreases. Because the majority of a
crack’s life is spent at the smaller crack sizes, the effect of
� nite length and width should be somewhat diminished.

Assuming the panel length to be in� nite, the width was var-
ied from 15.24 cm (6.0 in.) to 121.92 cm (48.0 in.). In Fig. 7,
the change in the fatigue stress allowable from the in� nite plate
solution is plotted vs plate width. Even for very small panel
widths, the fatigue stress allowable did not change more than
3%. The actual panel width of 30.48 cm (12.0 in.) resulted in
less than a 1% change in the fatigue stress allowable.

Similar results were obtained when the width was � xed at
30.48 cm (12.0 in.) and the length-to-width ratio was varied
from 0.4 to in� nity. As seen in Fig. 8, the maximum change
in fatigue stress allowable was less than 2.5% for the F-16
wing panel near the wing root. The actual panel dimensions
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Fig. 7 Change in fatigue stress allowable vs panel width.

Fig. 8 Change in fatigue stress allowable vs panel length.

Fig. 10 Effect of rivet spacing on fatigue stress allowable. s =
0.428, b = 15.24 cm.

Fig. 9 Stiffened panel geometry.

of 58.42 cm (23.0 in.) by 30.48 cm (12.0 in.) changed the
fatigue stress allowable by about 2%.

Stiffened Panels

Aircraft wing panels are rarely simple sheets of metal as
assumed in the previous analyses. Typically, the wing panel is
constructed of numerous stringers riveted to a thin sheet (or
skin). However, the global � nite element model intentionally
does not often include these structural details. Instead, the
cross-sectional area of the stringers are smeared across the � -
nite elements and the rivets are usually ignored completely. In
other words, the thicknesses of the � nite elements in the wing
panels are adjusted to produce a global behavior equal to the
skin-stringer combination. This global structural modeling
technique is ideal for calculating stress intensities in stiffened
panels.

In Poe’s method,14 the overall panel stress (stress applied to
the skin-stringer combination) is used to establish the inde-
pendent skin and rivet loadings in the stiffened panel. There-
fore, stresses from smeared � nite elements in a global aircraft
model are exactly what are required for calculating stress in-
tensities in a stiffened panel.

The stress intensity solutions for stiffened panels depend on
three parameters: 1) stiffener spacing, 2) rivet spacing, and 3)
stiffness ratio (ratio of the stiffener and skin stiffnesses). The
stiffness ratio is calculated by

s = E A/E bt (4)2 1

where s is the stiffness ratio, E1 is Young’s modulus of the
skin, E2 is Young’s modulus of the stiffener, t is the skin thick-
ness, b is the distance between stiffeners, and A is the cross-
sectional area of the stiffeners (Fig. 9). If the skin and stiff-
eners are made of the same material, i.e., same Young’s
modulus, then the stiffness ratio becomes the ratio of stiffener
and skin areas.

The stress intensity as a function of crack length is graphi-
cally presented in Ref. 4 for varying values of stiffener spac-
ing, rivet-to-stiffener-spacing ratio, and stiffness ratio. These
data were used as bcorrection tables in the MODGRO program to
calculate the crack propagation in a stiffened plate.

A baseline condition was established and each of the param-
eters were varied independently about the baseline. The base-
line consisted of a 15.24-cm (6.0-in.) stiffener spacing, a rivet-
to-stiffener-spacing ratio of 1/3, and a stiffness ratio of 0.428.
In this manner, the effect of each parameter on the stiffened
panel could be individually investigated.

In Fig. 10, the rivet-to-stiffener-spacing ratio was varied
from 1 to 1/12, whereas the stiffener spacing and stiffness ratios
were held constant at the baseline values. The fatigue stress
allowable was normalized by the nonstiffened, in� nite plate
result. As the number of rivets between stiffeners increases,
more of the stress in the crack vicinity can be transferred to
the stiffeners through the rivets. Therefore, the increase in fa-
tigue stress allowable as the rivet-to-stiffener-spacing ratio de-
creases was expected.

Figure 10 illustrates that the sensitivity of the fatigue stress
allowable to the rivet spacing is signi� cant. For example, a
design change from a 5.08-cm (2.0-in.) rivet spacing to a 2.54-
cm (1.0-in.) rivet spacing would increase the fatigue stress
allowable by 7.4%. This could produce a signi� cant weight
savings in aircraft design.

The stiffened panel stress intensities used in the preceding
text are based on Poe’s analysis method,14 which assumes that
the rivets are rigid. Swift15 demonstrated that treating the rivet
as rigid results in overestimation of the stress intensity factor
for small cracks and an underestimation as the crack ap-
proaches the stringers. Because the majority of a crack’s life
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Fig. 11 Effect of stiffness ratio on fatigue stress allowable. h/b =
1/3, b = 15.24 cm.

Fig. 12 Effect of stiffener spacing on fatigue stress allowable. s
= 0.428, h/b = 1/3.

Fig. 13 Variation of fatigue stress allowable (from the average)
over the wing.

Fig. 14 Difference in exceedance distribution for panels with
maximum and minimum fatigue stress allowables.

is spent at small crack sizes, Poe’s method14 should produce a
conservative result.

Variation of stiffness ratio and stiffener spacing (Figs. 11
and 12) also produced signi� cant changes in the fatigue stress
allowable, although not as large as observed for the rivet spac-
ing.

These results would change for a less severe stress environ-
ment, such as the design usage of a transport aircraft. Transport
aircraft are typically designed for a higher number of � ight
hours, but with much less severe stress levels. Therefore, the
crack would propagate at a slower rate over a longer distance
than for a � ghter aircraft. Because the stress intensity becomes
progressively lower as the crack extends toward the stiffeners,
a long and slowly progressing crack would be more affected
by the stiffeners.

Variation of Stress over the Wing

If an aircraft wing were a true cantilevered beam with a
uniform bending load, then the location of the panel on the
wing would have little effect on the normalized stress history.
However, the stresses in an aircraft wing can be much more
complex because of the wing’s structural design, aerodynamic
loading, control surface loading, weapon carriage loads, and
other factors.

A damage-tolerance analysis was conducted on every wing
panel in the demonstration case except for the hardpoint areas.
Each panel was modeled as an in� nite plate with a 0.635-cm
(0.25-in.) through-crack. Therefore, the only difference be-
tween each analysis was the difference in panel stress histories.
The � nite element nearest the panel’s center was selected as
the master element. Figure 13 illustrates the variation in fatigue
stress allowable over the wing. The percentage change in fa-
tigue stress allowable from the average allowable is indicated
for each wing panel. The fatigue allowable varied approxi-
mately 615% from the average across the wing. This amount
of change in fatigue stress allowable cannot be ignored.

The stress exceedance distributions for the panels with the
maximum and minimum fatigue stress allowables are plotted

in Fig. 14. The panel with the lowest fatigue stress allowable
is subjected to a more severe stress history, containing many
more stress occurrences between 90 and 100% of the panel’s
maximum stress. This is because of high stresses at the wingtip
in the 5.86 g unsymmetric maneuver.

Optimization

The most important feature of ASTROS is its ability to op-
timize a structural design. In the case of wing panels, the panel
thicknesses are adjusted to optimize the wing design. The ob-
jective of the optimization is to produce the lightest possible
wing without exceeding any of the design allowables. One of
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Fig. 17 Change in fatigue stress allowable as a result of opti-
mization.

Fig. 16 Effect of panel thickness on fatigue stress allowable.

Fig. 15 Surface cracks.

the design allowables used in wing design is the fatigue stress
allowable.

The fatigue stress allowable is used as a wing design crite-
rion during the ASTROS optimization to change the wing
panel thicknesses. However, what effect does changing the
wing panel thicknesses have on the fatigue stress allowable?
The panel thickness can affect the fatigue stress allowable in
two direct ways. First, the panel thickness is a critical param-
eter in the calculation of stress intensity for surface cracks.
Second, adjusting the panel thicknesses changes the load path
through the wing and, therefore, affects the panel stress his-
tories. The objective of the last two trade studies was to de-
termine the sensitivity of the fatigue stress allowable to the
changes in wing panel thickness during the optimization pro-
cess.

For all of the prior trade studies, panel thickness was not
considered because a through-the-thickness crack was as-
sumed. However, panel thickness does become an important
variable in the stress intensity calculation for surface cracks.
The slow-crack-growth criterion set forth by the U.S. Air Force
speci� es two different types of surface cracks: a semielliptical
surface crack, and a corner crack at a hole.3 Figure 15 illus-
trates the crack dimensions for the two surface cracks. The
criterion does not specify a hole diameter for the corner crack,
and so a reasonable rivet hole size of 0.508 cm (0.2 in.) was
assumed.

The ratio of panel thickness to minor axis (through-thickness
direction) crack length was varied for the two crack types. The
thickness-to-crack-length ratio equal to one is identical to a
through-crack solution. In Fig. 16, the change in fatigue stress
allowable from the through-crack solution is plotted for dif-
ferent thickness ratios. Clearly, the fatigue stress allowable
demonstrates a signi� cant amount of sensitivity to the panel
thickness when the crack is a semielliptical surface crack.

When a wing is optimized in ASTROS, all of the wing pan-
els can be initialized at a constant thickness. During the opti-
mization, the wing panel thicknesses are altered to produce
resulting stresses close to, but not exceeding, the design allow-
ables. Clearly, the optimization process affects the load paths
throughout the wing; hence, the panel stress histories are
changed as well.

The wing panel thicknesses in the demonstration model are
based on the production F-16 design. Therefore, the thick-
nesses in the model represent a wing that has already been
optimized to some extent. For comparison purposes, the model
was modi� ed so that the (smeared) thicknesses for all of the
wing panel elements were 0.625 cm (0.25 in.) to represent a
nominal wing before optimization. The fatigue stress allowa-

bles for a through-crack were calculated for the constant-thick-
ness wing model and were compared to the original demon-
stration model.

Figure 17 illustrates the change in the fatigue stress allow-
ables from the constant thickness model to the optimized
model. The majority of the fatigue stress allowables changed
only 62%; however, the fatigue stress allowable for one panel
decreased by 14% for the optimized wing. Therefore, the fa-
tigue stress allowable calculated prior to optimization is non-
conservative. Ignoring the change in fatigue stress allowables
resulting from optimization could lead to a reduced service life
of the production aircraft. However, it is important to note that
this change in fatigue stress allowable results only from the
change in stress distribution in the wing caused by the change
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in panel thickness, and not from the panel thickness itself. The
direct effect of panel thickness on the fatigue stress allowable
(Fig. 16) is eliminated because a through-crack is assumed for
all panels. The changes in fatigue stress allowables as a result
of optimization are large enough that they should not be ig-
nored. Therefore, it is recommended that fatigue stress allow-
ables be updated at least once during the optimization process.

Conclusions
A methodology for implementing fatigue design issues into

the global design of aircraft was developed using current dam-
age-tolerance design guidelines and analysis techniques. The
methodology represents a fusion of the ASTROS � nite element
capabilities with MODGRO and other independent procedures
and analytical tools for fracture mechanics, fatigue analysis,
and aircraft design usage. This synthesis promises not only to
reduce unexpected fatigue problems, but also to increase air-
craft performance through a weight savings in less critical pan-
els.

The methodology was implemented in a software code to
facilitate an investigation of the effect of different design var-
iables on the aircraft design. The trade studies indicated that
the sensitivity of the fatigue stress allowable to the panel de-
sign warrants analysis of all wing panels, instead of only the
critical panels at the wing root.

The panel design features that had the most signi� cant effect
on the fatigue stress allowables were material fatigue proper-
ties, stiffened panel design, panel thickness, and panel location
on the wing. As expected, the fatigue stress allowable was very
sensitive to the material’s fatigue characteristics (da /dN vs K ).
In contrast, the fracture toughness of the material had little
effect. Panel thickness had a moderate effect by redistributing
stresses in the stress history. In addition, for surface cracks the
direct impact as a function of panel thickness was pronounced.
Finite length and width corrections had such limited in� uence
that modeling a nonrectangular panel as an equivalent rectan-
gular panel with an average length and width should introduce
little error. Stiffened panels also signi� cantly affected the fa-
tigue stress allowable. These results reinforce the importance
of multidisciplinary design optimization (MDO) because stiff-
ened panel design is largely in� uenced by other disciplines,
such as local panel buckling.

Based on these results, other capabilities are recommended
for implementation in the methodology, including the effect of
the wing spars on the fatigue analysis and the capability to
automatically handle complex multiphase crack scenarios.

Mixed-mode fatigue is another area that deserves future at-
tention. Following published recommendations, the mixed-
mode fatigue situation was handled by using the maximum
principal stress as an effective stress in pure mode 1 fatigue.
However, this procedure has not been adequately validated for
components subjected to the complex stresses typical in real-
life aircraft design.

Damage tolerance has been a part of aircraft design for only
a little more than two decades. Although many advances have
been made in the � eld in this time, damage-tolerant design is
still in its infancy. With the recent emphasis on MDO, damage
tolerance is only one of many engineering disciplines that are

being re-examined for integration into aircraft optimization.
The ultimate goal is to develop an optimization procedure ca-
pable of increasing the safety and performance of modern air-
craft while reducing the time and cost of development. It is
hoped that the methodology presented in this paper can act as
a starting point for future developments and re� nements in this
area of research.
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